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Abstract: The main objective of this research is to provide attitude estimation, orbit 

estimation, and attitude control algorithms suitable for application to the next Egyptian 

scientific satellite. Concurrent spacecraft orbit and attitude estimates must be suitable for 

usage by the attitude control algorithm. The developed estimation algorithms are able to deal 

with sever tumbling conditions characterized by large initial attitude, angular velocity and 

position estimation errors. The estimation algorithms could provide attitude estimates within 

0.5
o
 (3- ) and  60 m (3- ) for the position estimation errors. The attitude control algorithm 

developed is able to bring the spacecraft from its initial tumbling conditions to nadir pointing 

within an error of only 0.5
o
 (3- ). 
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1. Introduction 
When the satellite leaves its launching vehicle it enters an operation mode called the 

detumbling mode. The detumbling mode is characterized by high angular velocities and large 

satellite attitude angles. The task of the attitude and orbit control system (AOCS) of an earth 

pointing satellite is to slow down this angular motion and bring the satellite to nadir pointing. 

To do so, the AOCS must implement suitable algorithms for attitude and orbit estimation with 

attitude control. These estimation algorithms should provide attitude and orbit estimates to the 

attitude control algorithm. Both estimation and control algorithms must be able to deal with 

large initial attitude angles and angular rates. Ref. [1] provided algorithms for spacecraft 

attitude estimation based on magnetometer measurements. But the results obtained were valid 

only for small attitude angles. Ref. [2] describes the process of magnetic attitude estimation of 

a tumbling spacecraft. The process didn’t include solutions neither to the problems of the 

attitude control nor orbit estimation. Ref. [3] deals with the problem of attitude and orbit 

determination and control for a small geostationary satellite. Orbit estimation process isn’t 

included in this study. In [4], the problem of spacecraft attitude and orbit estimation with 

attitude control is addressed but the estimation process was basically dominated by 

magnetometer measurements. The process of attitude estimation based on magnetometer 

measurements usually is characterized by slow convergence. Ref. [5], described the process of 

fast spacecraft orbit and attitude estimation, but it didn’t include the process of attitude 

control. Ref. [6] discussed the process of spacecraft attitude estimation and control. But due to 
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the absence of orbit estimation process, the attitude angles converged slowly (typically after 3 

orbits). Ref. [7] also didn’t include the process of orbit estimation. In addition, the algorithms 

discussed were limited to coarse (not fine) attitude estimates (typically within 6
o
). Ref [8] 

discussed the problem of attitude estimation but the resulting attitude estimates hadn’t been 

feedback to the control algorithm. Furthermore, the problem of orbit estimation isn’t 

discussed at all.  

 

The main objective of this research is to provide high accuracy attitude estimation, orbit 

estimation, and attitude control algorithms suitable for application to the next Egyptian 

scientific satellite during the detumbling and attitude acquisition modes. The estimation 

algorithms provided high accuracy estimates (typically within 0.5
o
 3-  for attitude estimates 

and 60 m 3- for the orbital estimates). To do so, the work done in [4], and [5], is extended to 

provide high accuracy fast converging attitude and orbit estimates needed by the attitude 

control algorithm. The provided algorithms are capable of dealing with high angular 

velocities and large attitude errors usually characterizing the detumbling and attitude 

acquisition modes. The attitude control algorithm presented is capable of bringing the satellite 

from the detumbling mode to the attitude acquisition mode within an error of only 0.5
o
 (3- ). 

The measurement sensors utilized were, GPS receiver, magnetometer, and gyro. GPS, and 

magnetometer, measurements are used to provide estimates of the spacecraft orbital motion 

while as magnetometer and gyro measurements are used to provide estimates of spacecraft 

attitude. 

 

 

2. Modeling Spacecraft Attitude and Orbital Motion 
The first step to model the spacecraft orbital and attitude motion is to select the elements of 

the state vector. The state vector is selected to be 

 1 2 3 4

T
o o o

I I II I I x y zX X Y Z X Y Z q q q q   
 

   
 (1) 

where 

 III ZYX  : are the components of the sp  acecraft position vector defined in the Earth 

Centered Inertial Coordinate System. 







I

o

I

o

I

o

ZYX : are the components of the spacecraft velocity vector defined in the Earth 

Centered Inertial Coordinate System. 

 4321 qqqq  : are the quaternion vector representing the rotation from Earth Centered 

Inertial Coordinate System to the Body Coordinate System. 

 zyx   : are the components of the spacecraft Inertial angular velocity. 

 

The orbital and attitude dynamics now could be written as [4] and [5] 

  11 12

21 22

o

o O O O

o
A A

A

f f X BX
X f X B

f f X B
X

 

 
                        

 

 (2) 
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where 

ji0  :  is an ji  zero matrix. 

jiI   :  is an ji  unit matrix. 

E : is the earth’s gravitational constant ( 2314 s/m10986.3 E
). 

  : is the skew symmetric matrix defined by 


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J  : is the spacecraft inertia tensor given as 
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wH  : is the angular momentum of the wheels. 

   : is the cross product matrix of    Tzyx   calculated from 

 

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Ia  : is the inertial acceleration. 

T  : is the Torque acting on the Spacecraft 
T

I

o

I

o

I

o

IIIO ZYXZYXX 





  and  TzyxA qqqqX 4321  

  : is a zero mean Gaussian white-noise. 

 

 

3. Spacecraft Attitude Control 
There exists a quternion error vector which expresses the rotation from the spacecraft attitude 

direction in space, BRq  , and the target attitude direction toward which the satellite is 

oriented at the end of the attitude maneuver, Tq [9]. The spacecraft attitude direction in space 

is parameterized by the attitude quternion representing the rotation from the reference 

coordinate system to the body coordinate system, BRq  . The reference coordinate system has 

its x axis pointing in the direction of the spacecraft velocity in its orbit, its z direction is nadir 
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direction, and its y direction completes a right hand rule orthogonal coordinate system. The 

quaternion error vector is given by 

 

4 3 2 11 1

3 4 1 22 2

2 1 4 33 3

1 2 3 44 4

R B
T T T TE

R B
T T T TE

E R B
T T T TE

R B
T T T TE

q q q qq q

q q q qq q
q

q q q qq q

q q q qq q


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    
   

     
     
   

         

 (3) 

The nonlinear control law is given by 

 BRxxdEExcxr KqqKT  412
 (4) 

 BRyydEEycyr KqqKT  422
 (5) 

 BRzzdEEzczr KqqKT  432
 (6) 

where 

cxrT , cyrT , and czrT  are control torques  in the directions of the body axes triad system. 

xK , xdK , yK , ydK , zK , and zdK  are the controller. 

BRx , BRy , and BRz  are the angular velocities of the body frame with respect to the 

reference frame. 

 

Note that the quaternion vector, BRq  , is to be provided by the estimation algorithm. 

 

 

4. Extended Kalman Filter 
The same structure of the extended Kalman filter found in [5] is utilized. The only difference 

exists in the measurement vector and its corresponding measurement matrix. The 

measurement vector is given by 

 xb yb zb x y z I I Ih b b b X Y Z        (7) 

where   is a zero mean Gaussian white noise. And the corresponding measurement matrix is 

given by 

1 2 3 4

1 2 3 4

xb xb xb xb xb xb xb xb xb xb xb xb xb

o o o
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yb yb yb yb yb yb yb yb yb yb yb yb yb

o o o

I I I x y zI I I

zb

I

b b b b b b b b b b b b b

X Y Z q q q qX Y Z

b b b b b b b b b b b b b

X Y Z q q q qX Y Z

b

Xh

X

  

  

            

           

            

           








1 2 3 4

0 0 0 0 0 0 0 0 0 0 1 0 0

0 0 0 0 0 0 0 0 0 0 0 1 0

0 0 0 0 0 0 0 0 0 0 0 0 1

1 0 0 0 0 0 0 0 0 0 0 0 0

0 1 0 0 0 0 0 0 0 0 0 0 0

0 0 1 0 0 0 0 0 0 0 0 0 0
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o o o

I I x y zI I I
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Y Z q q q qX Y Z   
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 
 
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 (8) 

 

The components of equation (8) are given by 
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where Ib  is the inertial component of the earth’s magnetic field vector, and 

 

 

   
   
   

2 2 2 2

11 12 13 1 2 3 4 1 2 3 4 1 3 2 4
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      
  

        
           

 (18) 

 

Also we have 

 1 1 2 32 2 2xb xI yI zIb q q b q b q b      (19) 

 2 2 1 42 2 2xb xI yI zIb q q b q b q b       (20) 

 3 3 4 12 2 2xb xI yI zIb q q b q b q b       (21) 

 4 4 3 22 2 2Xb xI yI zIb q q b q b q b      (22) 

 1 2 1 42 2 2Yb xI yI zIb q q b q b q b      (23) 

 2 1 2 32 2 2Yb xI yI zIb q q b q b q b      (24) 

 3 4 3 22 2 2Yb xI yI zIb q q b q b q b       (25) 

 4 3 4 12 2 2Yb xI yI zIb q q b q b q b       (26) 

 1 3 4 12 2 2Zb xI yI zIb q q b q b q b      (27) 

 2 4 3 22 2 2Zb xI yI zIb q q b q b q b      (28) 

 3 1 2 32 2 2Zb xI yI zIb q q b q b q b      (29) 

 4 2 1 42 2 2Zb xI yI zIb q q b q b q b      (30) 
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5. Observability and Controllability Analysis 
Check of the observability and controllability matrices could be done through the computation 

of the observability and controllability matrices. The observability matrix, OB , is given by 

 2

12

k

k k

k k

k k

H

H A

OB H A

H A

 
 
 
 
 
 
  

 (31) 

And the controllability matrix is given by 

 2 12

k k kCO G A G A G A G     (32) 

where the matrix, G , is given by 

 

3 3 3 3

3 3 3 3

4 3 4 3

1

3 3

0 0

0

0 0

0

I
G

J

 

 

 





 
 
 
 
 
 

 (33) 

Thus, for complete controllability and observability the controllability and observability 

matrices must have a full rank. 

 

 

6. A Simulation Case Study 
In order to verify the developed methodologies, a case study spacecraft is utilized. The 

spacecraft initial conditions are : a
 
(semi major axis) = 7189200 m, e  (orbit eccentricity) = 

0.01, i (orbit inclination) = 100.585
o
, 

 
(right ascension of ascending node) = 339.5

o
, 

(argument of perigee) 69
 o

, and (true anomaly) 5.3
o
.   (roll angle) = 170

o
,    (yaw 

angle) = -165
o
 , and   (pitch angle) = 60

o
. The inertial angular velocity components are x  = 

4
o
/sec, y  = 4

o
/sec, and z  = -2

o
/sec. The gyroscope utilized is assumed to be Inertial 

Reference Unit REGYS 30/ REGYS 3S produced by Sagem. The gyroscope error model is 

assumed to be given by equation (7) (i.e., white Gaussian noise). The problem of gyroscope 

bias estimation is assumed to be solved by a separate estimation process. The GPS receiver 

position measurement accuracy is 50 m (3- ). Spacecraft moments of inertia are Ix= 11.2, 

Iy=11.4, Iz=9.2, Ixy=0.02, Ixz=-0.08, Iyz=0.2 kg.m
2
. 

 

For the roll, pitch, yaw, and body angular velocities, their values are not known so they could 

be assumed logically equal to zero. For the remaining values, numbers are assumed in order 

to test the estimator ability to converge. Thus, the estimator initial conditions are : a
 
(semi 

major axis) = 7039200 m, e  (orbit eccentricity) = 0, i (orbit inclination) = 98.085
o
, 

 
(right 

ascension of ascending node) = 337.5
o
,  (argument of perigee) 69

 o
, and (true anomaly) 

0
o
.   (roll angle) = 0

o
,    (yaw angle) = 0

o
 , and   (pitch angle) = 0

o
. The inertial angular 

velocity components are x  = 0
o
/sec, y  = -0.0011

o
/sec, and z  = 0

o
/sec. Fig. 1. represents 

the time history of the spacecraft attitude angles. As seen in this figure, the initial attitude 

angles were as large 170 degree. The control algorithm discussed is capable of dealing with 

these large angles which are encountered during the detumbling mode. Fig.2. shows the time 

history of the spacecraft inertial angular velocities. As clear in Fig.1 and Fig.2, the attitude 

control algorithm succeeded in bringing the satellite from the detumbling mode to nadir 

pointing in less than half of an orbit. Fig. 3. displays the time history of the spacecraft attitude 
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estimation error of the pitch, roll, and yaw angles respectively. The maximum estimation error 

was about 0.5
o
 (3- ). Fig. 4 represents variation of the earth’s magnetic field measurement 

error. The initial magnitude of the position estimation error was about 452 Km. After only 

one time step this error has been reduced drastically to 45 m (3- ). Fig. 5 shows the time 

history of the observability matrix rank. As shown in this figure, the rank of the observability 

matrix is always equal to 13, which indicates full observability of the system states. Fig. 6 

represents the time history of the controllability matrix rank. As clear in this figure, the 

system is fully controllable due to the full rank of the controllability matrix. 

 

Fig. 1. Spacecraft attitude time history 

 

Fig. 2. Spacecraft inertial angular velocity time history. 
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Fig. 3. Spacecraft attitude estimation error time history. 

 

 

 

 

Fig. 4. Position estimation error time history.  
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Fig. 5 Time history of the observability matrix rank 

 

Fig.6. Time history of the controllability matrix rank. 

 

Table (1) shows a comparison between the current research results and the results of reference 

[5] 
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Table.1 A comparison between the algorithms developed in reference [5], 

and current research algorithm. 
 

 Algorithm developed in [5] Current research algorithm 

Sensors utilized Star sensor, magnetometer, 

gyroscope, and GPS 

Magnetometer, gyroscope, 

and GPS 

Satellite operation mode High accuracy operation mode Detumbling, stand-by mode, 

and high accuracy operation 

modes 

Attitude and orbit estimates 

are fed back to the attitude 

control algorithm 

No, because there is no 

attitude control algorithm. 

Yes 

 

 

7. Conclusion 
The methods of spacecraft orbit and attitude estimation during the detumbling and attitude 

acquisition modes had worked effectively with each other despite of large initial attitude and 

orbit estimation errors. The estimation error was about 0.5
o
 (3- ) for the attitude angles and 

60 m (3- ) for the position estimation error. Both estimates of spacecraft attitude and orbit 

are fed successfully to the attitude control algorithm. The attitude control algorithm was able 

to bring the satellite from the detumbling mode to nadir pointing during less than half of an 

orbit within accuracy of 0.5
o
 (3- ). The rank of the observability and controllability matrices 

was thirteen, which is indicating a full rank, so the plant is considered to be fully observable 

and controllable. 
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